The rise in launch and use of small satellites in the past decade, a result of improved functionality through technology miniaturisation and alternative design philosophies, has spawned interest in the development of distributed systems or constellations of small satellites. However, whilst a variety of missions based on constellations of small satellites have been proposed, issues relating to the launch and deployment of these distributed systems mean that few have actually been realised. A number of strategies have been proposed which enable multiple small satellites comprising a constellation to be launched together and efficiently separated on-orbit, thus reducing the total cost of launch. In this paper, two such strategies which have the potential to significantly increase the viability of small satellite constellations in Earth orbit are investigated. Deployment using natural Earth perturbations to indirectly achieve plane separations is analysed using a developed method and compared to deployment utilising the Earth-Moon Lagrange point L 1 as a staging area prior to return to LEO. The analysis of three example missions indicates that these two strategies can both facilitate the successful establishment of small satellite constellations in Earth orbit whilst also reducing propulsive requirements, system complexity, and/or cost. The study also found that the method of nodal precession is sensitive to the effects of orbital decay due to drag and can result in long deployment times, and the use of Lunar L 1 is more suitable for constellation configurations where several satellites are present in each orbital plane.
Introduction
A growing interest in the use of distributed systems or constellations of small satellites has been generated following the rise in popularity of small satellites, especially in the past decade. This growth in the use of small satellites has been primarily driven by the miniaturisation of electronics and sensors [1] and the availability of commercialoff-the-shelf components with increasing capability, significantly reducing the cost of hardware development. The access-to-orbit and economy of these spacecraft is also improved through availability of secondary payload launch opportunities [2, 3] , especially for small satellites which conform to standardised form factors such as CubeSat [4] .
In recent years, the launch of successful small satellite missions, particularly nanosatellites, with valuable engineering/technology demonstration (e.g. CanX-6/NTS [5] , STRaND-1 [6] ), scientific (e.g. O/OREOS [7] , GeneSat-1 [8] ), military (e.g. SMDC-One [9] , SENSE-1), and commercial (e.g. WNISAT-1 [10] ) capabilities has now demon-strated the utility of this class of spacecraft in independent operation.
The use of small satellites in constellations has also been successfully demonstrated by a number of microsatelliteclass missions, including the Disaster Monitoring Constellation (DMC) and RapidEye Earth observation missions and the ORBCOMM [11] satellite communications system.
The demonstration of small platform capability and constellation operation has recently resulted in the generation of larger multi-plane constellations of smaller satellites. Two such examples of this new generation of small satellite constellation are the Planet Labs [12] (Flock-1a: 28 satellites, Flock-1c: 11 satellites) and Skybox Imaging (24 satellites) Earth observation constellations which are currently in the process of being launched.
A further value proposition of small satellite constellations, resulting from their lower cost of platform development, is the ability to be launched in larger numbers and perform many simultaneous and distributed measurements or observations. A key feature of multi-plane systems of these satellites is increased temporal resolution of collected data (i.e. shorter revisit times) over single-plane or string-of-pearls configurations. Furthermore, the presence of multiple satellites in each orbital plane can facilitate a more graceful degradation of system performance on the occasion of individual satellite failures [13] .
A variety of novel missions benefiting from these capabilities have been proposed in the fields of meteorology [14] ; climate-science [14, 15] ; disaster warning and detection [16, 17, 18] ; atmospheric, magnetospheric, and ionospheric measurement/observation [14, 15, 16, 17, 19, 20] ; and gravity and other Earth sciences [15] . Multi-satellite interplanetary exploration missions and constellations in orbit about other central bodies utilising small satellites are also being considered [16, 17, 21] .
However, the current launch paradigm of secondary payload manifesting of small satellites limits the ability of these constellations to be successfully deployed into orbit. In particular, the lack of control on launch schedule and destination orbit prohibits the use of multiple secondary launch opportunities by constellations which require accurately coordinated orbits and multi-plane configurations. This issue is further compounded by technology, mass, and volume constraints on propulsion system capability to maintain low development and manufacturing costs and comply with launch vehicle regulations. These constraints can be particularly restrictive for the smaller nanosatellite and picosatellite class platforms which are therefore typically limited in their ability to individually manoeuvre into their mission orbits [1, 4, 22] .
In order to enable the cost-effective realisation of small satellite constellations a number of deployment strategies have been proposed which allow the launch of a complete multi-plane constellation on a single vehicle with satellite distribution occurring on-orbit. Currently, the FORMOSAT-3/COSMIC mission is the only example of a multi-plane small satellite constellation to be deployed from a single launch vehicle.
This paper investigates two deployment methods for constellations with multi-plane configurations and the ability of these methods to facilitate the establishment of these systems in low Earth orbit (LEO). Through the use of a developed methodology, described in detail in Section 4, the relative effectiveness of deployment using natural Earth perturbations and the Earth-Moon Lagrange point L 1 are considered for different constellation missions.
Launch of Small Satellites
The absence of sufficiently small or inexpensive launch vehicles for the delivery of small satellites to orbit presents a significant barrier to the development of small satellite missions given their typically smaller budgets and development time-scales. This issue of access-to-orbit is somewhat addressed by secondary payload launch opportunities, where satellite operators can either share launch vehicle capacity through clustering or rideshare agreements, or utilise excess capacity on a commissioned launch of a larger satellite, a practise termed piggybacking. Unless arranged through a launch programme (e.g. NASA CubeSat Launch Initiative and Educational Launch of Nanosatellites) with provided or subsidised launch, the cost of secondary payload opportunities is generally greater than the specific cost ($/kg) of the launch vehicle itself [23] . However, these opportunities still allow small payloads to achieve accessto-orbit at a significantly lower total expense than an independently commissioned launch.
The use of secondary payload opportunities is limited by the lack of control on the launch schedule and destination orbit of the vehicle, both controlled by the requirements of the primary payload or determined by a compromise between the payload operators in a rideshare launch. As a result, satellites launched as secondary payloads need to be flexible with regards to the orbit in which their mission can be performed. For some missions, this flexibility may not be feasible or may be too costly to embed in the system design.
Further restrictions on the launch of small satellites utilising secondary payload opportunities can include the requirement to be compatible with a certain class of deployment mechanism (e.g. P-POD, X-POD, ISIPOD), reducing the level of certification required by the secondary payloads by isolating them from the launch vehicle and primary payload [4] . This can further constrain the mass and volume of the satellite and any provision for deployable surfaces such as solar arrays or wireless communication antennae. Constraints on volumes and pressures of stored propellant, nominally to protect the primary payload, can also limit the capability of on-board propulsion systems, further restricting the ability of the secondary payloads to manoeuvre into more suitable or favourable mission orbits.
A number of new launch vehicles aiming to address the microsatellite and nanosatellite launch capability gap are currently in varying stages of development. The payload capability of these vehicles ranges from 12-300 kg with specific launch costs in the range of current secondary payload opportunities. Notable examples include the Virgin Galactic LauncherOne which will be air-launched from the WhiteKnightTwo carrier aircraft and will have a capacity on the order of 225 kg to LEO [24] , a 10 kg payload launcher deployed from the XCOR Aerospace Lynx Mk.III suborbital vehicle [25] , and the DARPA ALASA program involving several companies working towards the launch of a 45 kg payload to orbit for less than $1M.
These vehicles will support the dedicated launch of microsatellites and nanosatellites, avoiding the potentially mission critical issues related to secondary payload launch opportunities.
Launch of Small Satellite Constellations
Traditionally, constellations of satellites have been populated through many launches, one or more per orbital plane, or even one per satellite. However, due to the prohibitive cost of launch in comparison to the development cost of smaller satellites, launch in this manner is not economically viable for small satellite constellations.
For relatively high-budget missions of microsatellite constellations, the cluster launch method can currently provide the opportunity to launch a constellation to orbit.
For example, the FORMOSAT-3/COSMIC mission of five ∼61 kg satellites was launched on an Orbital Sciences Minotaur I vehicle [26] . However, due to the present lack of sufficiently small launch vehicles, the launch of similar nanosatellite and picosatellite constellations, unless in extremely large numbers, becomes uneconomical. The launch of a very small satellite constellation, the Planet Labs Flock constellation of 3U CubeSats, has thus far achieved orbit by both manifestation on a re-supply launch to the ISS and subsequent deployment from the Kibo module and deployment as secondary payloads from a Dnepr launch, resulting in different orbital inclinations and altitudes [12] .
The emergence of new small launch vehicles, mentioned previously, would support the cluster launch of very small satellite constellations.
Constellation Deployment Strategies
For many missions a fixed constellation configuration of the payloads is required. If many small satellites comprising a constellation are launched from a single launch vehicle, the payloads must be dispersed on-orbit into their respective mission orbits. However, to reduce system complexity and development costs, if present, the propulsion systems on-board these small platforms are typically limited in capability. Further technological, mass and volume constraints can compound this issue. The ability of small satellites to simply manoeuvre from their insertion orbit into their required mission orbits is therefore restricted, especially if expensive out-of-plane manoeuvres in Right Ascension of Ascending Node (RAAN) or inclination are required.
In order to achieve the payload distribution required by the mission specification, various deployment strategies have been developed allowing multiple satellites to be launched together and separated on-orbit. These include the use of nodal precession due to natural Earth perturbations and the use of the Earth-Moon Lagrange point L 1 , which will be examined in the following sections, 3.1 and 3.2.
Nodal Precession
A method of constellation deployment using natural orbital perturbations to separate orbital planes in RAAN, often termed indirect plane separation, was patented in 1993 by King and Beidleman [27] . The method utilises the differential rate of nodal precession due to the non-spherical geopotential of the Earth whereby orbits with different size, shape, or orientation precess at different rates, allowing plane separations to be achieved without out-of-plane manoeuvring. Equation (1) [13] shows the analytical form for the rate of nodal precessionΩ, as a function of semimajor axis a, eccentricity e, and inclination i. In eqn (1), only the secular effects due to the second degree zonal harmonic J2 are shown for brevity.Ω
The process for a constellation deployment from a common insertion orbit initially requires an in-plane manoeuvre of a satellite into an orbit with a different rate of nodal precession, nominally the mission orbit. A drift period is then required in order to achieve the correct angular separation in RAAN, before a second satellite is manoeuvred into the mission orbit, fixing the developed plane separation between the first two payloads. This process is repeated for all required planes in the constellation.
The drifting time required for such a deployment is dependent on the required separations and the differential drift rate between the initial and modified orbits, and is therefore affected by the propulsive capability of the satellites. The relationship between time for a fixed plane separation and propulsive capability (∆V) for different orbital inclinations is down in Figure 1 . For modest ∆V expenditures, drift periods for the deployment of a complete constellation can be expected to be on the order of many months to years. These long drift-times may be undesireable from an operations or mission impact perspective or may present issues regarding the lifetime of the satellite in orbit with respect to both orbital decay and hardware reliability.
The deployment of multiple-satellites into each orbital plane can be facilitated by manifesting the payloads on carrier vehicles, termed pallets by King and Beidleman [27] . These carrier vehicles, each equipped with a centralised propulsion system, can perform the required manoeuvre and drift strategy to enter the correct orbital plane before releasing the individual satellites.
The benefit of a propulsion system common to a group of satellites is the alleviation of some mass and volume constraints. Some propulsion technologies which are not suitable for the individual satellite platforms due to size may also become viable due to the increased scaling of the system.
Finally, the satellites on each pallet can be distributed about the orbit in each plane. Aside from individual phasing of the payloads, this can be achieved using differential spring separation energies from the pallets, requiring a wait period of up to 50 days and a small ∆V contribution from each satellite (up to 7.4 m s −1 ) in order to freeze the distribution [28] .
Differential drag methods can also be used to achieve required in-plane separations, demonstrated by the AeroCube-4 mission [29] and Planet Labs Flock-1 constellation [12] and proposed for use on the NASA CYGNSS mission due for launch in 2016 [30] . These systems use active attitude control methods and deployable surfaces to alter the projected area of the satellite and therefore drag profile to achieve minor differences in semi-major axis, therefore enabling the separation of the satellites within the plane. This method of constellation deployment utilising differential nodal drift rates has thus far only been demonstrated by the FORMOSAT-3/COSMIC mission, launched in April 2006, in which 6 satellites were each deployed into a different plane [31] . A total ∆V requirement of 147 m s −1 was estimated for each satellite, provided by multiple thrust-burns of the Hydrazine monopropellant propulsion subsystem. A total period of approximately 20 months was required for the deployment of this constellation.
Lunar L 1
A method of LEO constellation deployment utilising the first Earth-Moon Lagrange point (EML-1) was proposed by Chase et al. [32] and developed by Nadoushan and Novinzadeh [33] . In this method satellites for each intended plane of the constellation are manifested on carrier vehicles which are all launched together on a single vehicle to EML-1. The compliment of carrier vehicles is inserted into a Halo orbit at EML-1 before being individually returned to Earth orbit with the required inclination (up to 60
• ) and ascending node. An aerocapture or aerobraking manoeuvre can be used to reduce the ∆V expenditure for Earth orbit re-entry. An aerocapture manoeuvre differs from aerobraking in that the total speed reduction is performed during only one pass through the atmosphere of the central body, utilising the high aerodynamic drag of an elliptical orbit with a low altitude perigee. Aerobraking manoeuvres utilise a higher altitude perigee with lower drag, therefore requiring more passes to bring the satellite into the correct orbit, but with lower aerodynamic forces and heating effects.
Following direct launch to EML-1 or transfer from LEO, the propulsive requirements of the carrier vehicles for deployment using this method involve manoeuvres for Halo orbit injection and departure at EML-1, approximately 600 m s −1 each, and Earth orbit circularisation after the aerocapture manoeuvre (120 m s −1 ) [32, 34] . Finally, phasing manoeuvres must be performed by the individual satellites in order to achieve the in plane separations.
The primary benefit to this method of deployment is the significantly reduced time required in order to achieve the mission configuration whilst still enabling the use of a single launch. A period on the order of 20 days is required to return a compliment of payloads to Earth orbit with any required spacing of the orbital planes in RAAN [33] .
Analysis Methods
The feasibility of these deployment methods for supporting missions of interest is primarily dependant on the time and energy required by the deployment strategy and the mission requirements of the constellation.
Deployment of LEO constellations by nodal precession requires consideration of the effects of atmospheric drag on the satellites. Satellites in orbits of different semi-major axis and eccentricity can experience significantly different levels of drag and will therefore decay at different rates. For low altitude constellations, there may be a risk of satellite de-orbit before the deployment scheme has been completed. Propagation of the satellites throughout the deployment procedure can be used to determine the effect of drag on the constellation.
The physical characteristics of the satellites and optional carrier vehicles can also influence the deployment process, affecting the magnitude of drag experienced and propulsive system requirements. Additional system masses, such as aerocapture devices and payload deployment systems must also be considered.
Satellite Propagation
A semi-analytical propagation method developed by Liu and Alford [35] , Semi-Analytical Liu Theory (SALT), was used in order to analyse the orbits of the satellites during the deployment of the constellation using the differential nodal precession method. Accommodation of both effects due to atmospheric drag and the non-spherical geopotential of the Earth are required in order to allow analysis in the LEO environment and determination of the rate of nodal precession of the orbits [36] .
A semi-analytical method was chosen due to its speed of execution in comparison to numerical propagation techniques, allowing for the analysis of a potentially large number of satellites over long time periods. Furthermore, the increased precision of a fully-numerically determined solution would be dominated by the uncertainties associated with the evaluation of future atmospheric density using predicted solar flux and geomagnetic index data. In contrast to purely analytical methods, a semi-analytical propagation method can accommodate the use of a complex atmospheric density model rather than requiring a simplified model or series-expansion.
SALT uses a combination of both general and special perturbation techniques to consider both effects of atmospheric drag and perturbations due to non-spherical geopotential. Perturbations due to third body effects (lunar and solar) and solar radiation pressure are neglected due to their small magnitude in comparison to the primary perturbations and domination by the uncertainty involved in atmospheric density and ballistic coefficient determination [35] .
The 2001 United States Naval Research Laboratory Mass Spectrometer and Incoherent Scatter Radar Exosphere (NRLMSISE-00) atmosphere model was used for density evaluation in the orbit propagator. The NRLMSISE-00 model is a global and time-varying model of the Earth's atmosphere valid from the ground to 1000 km altitude [37] . The required inputs to the model include longitude; geodetic altitude and latitude; date and time; A p geomagnetic index; and daily and 81-day centred average F 10.7 Solar radio flux.
Whilst complex modern atmospheric density models can exhibit significant improvements over older techniques (e.g. 1976 Standard Atmosphere Extended, Exponential Model), a number of simplifications and assumptions are made in order to facilitate their development. As a result, significant errors are present in the evaluation of atmospheric density, typically in the range 10-20 % [38] .
For analysis of proposed missions, the evaluation of atmospheric density and drag is further complicated by the requirement for forecast solar flux and geomagnetic index data. Due to the highly dynamic nature of the Sun and near-Earth environment these parameters are difficult to predict, and are therefore associated with a high level of uncertainty.
Space Weather Indices
Solar flux incident on the upper atmosphere of the Earth, primarily Extreme Ultraviolet (EUV) radiation, has a heating effect which affects the local atmospheric density. The variation of incident solar flux affects the level of heating within the atmosphere, and therefore the drag that a satellite in orbit will experience.
Measurements of solar flux with a wavelength of 10.7 cm (F 10.7 ) are used as a surrogate for EUV radiation due to their similar level of production by the Sun and low level of absorbance of F 10.7 in the atmosphere. Ground-based sensors can therefore be used to measure the level of incident F 10.7 on the Earth and approximate the effect of EUV on atmospheric density [36] .
The level of F 10.7 has both a number of periodic trends and significant random variation, shown in Figure 2 . In the long term, F 10.7 varies with the 11-year solar cycle, leading to lengthy periods of high and low solar flux, solar maxima and minima. However, the magnitude and timing of the solar cycle is difficult to predict, leading to significant uncertainty in solar flux prediction. Furthermore, random variation in solar flux can be seen to increase during solar maxima in comparison to periods of solar minima. In the short-term, solar flux variability is primarily related to the 27-day rotation of the Sun, causing transient areas of high and low activity to turn towards or away from the Earth [36, 39] .
The prediction of geomagnetic index, a measurement of the interaction between energetic charged particles ejected from the Sun and atmospheric molecules, causing particle ionisation and a heating effect, is similarly complex. Geomagnetic index is expressed as either planetary index, K p (on a scale of 0 to 9), or planetary amplitude a p (0 to 400 nT), measured globally every 3-hours. A daily planetary amplitude A p , is generated by averaging the set of 3-hourly a p values. Due to the influence of the Sun, coupling with the solar cycle is present in the magnitude of geomagnetic index. The most pronounced effect is that variability increases somewhat during periods of solar maxima, shown in Figure 2 .
For the deployment of satellite constellations in LEO, the long-term forecasting of solar flux and geomagnetic index is critical due to the length of analysis required. A number of approaches used for the prediction of these indices are examined by Vallado and Finkleman [40] and Vallado and Kelso [41, 42] . In Figure 3 , historic NOAA/SWPC predictions are shown against measured values. A polynomial trend developed by Vallado [36] , matched to the magnitude and phasing of the past four solar cycles is also shown. The performance of these predictions show a capability to reasonably match the trend of solar flux through the remainder of a solar cycle. However, the predictions are typically incapable of matching the trend spanning multiple solar cycles. This is demonstrated by the performance of prediction of the latest solar cycle which has a characteristically lower magnitude and later occurrence of solar maximum. The aggregated set of solar flux and geomagnetic index data from NOAA/SWPC, available from the CelesTrak website, was chosen due to the completeness and availability of up-to-date measured and forecast data.
Ballistic Coefficient
The physical characteristics of orbiting satellites affect the amount of drag which is experienced whilst in orbit. The coefficient of drag C D , spacecraft mass m, and crosssectional area A can be mathematically combined to generate the ballistic coefficient for the satellite, eqn (2), a measure of the effect of drag as a result of the physical properties of the spacecraft.
Whilst the mass of a satellite is usually known or can be calculated from propellant usage, the evaluation of drag coefficient and cross-sectional area can be more complex.
The coefficient of drag for a spacecraft is both related to the shape of the spacecraft and the molecular interaction between atmospheric gas particles and the surfaces of the spacecraft. As a result, the coefficient of drag for the spacecraft can vary significantly with altitude due to the varying levels of atmospheric constituents [43] . However, for long analysis periods this variation in drag coefficient with altitude can be accounted for through the use of an average value, the classic estimate of 2.2 is typically used [44] .
The cross-sectional area for ballistic coefficient determination is taken normal to the velocity vector of the satellite and is therefore dependent on the attitude of the spacecraft. If the attitude is known, either fixed or rotating, the cross-sectional area with respect to the velocity vector can be calculated. However, for tumbling spacecraft with constantly varying attitude, an averaged cross-sectional area can be calculated either by integrating the different crosssectional areas over the range of possible attitudes or using a simplified flat-plate model [44] .
Deployment Analysis Procedure
Utilising the principles set out in Sections 4.1 through 4.3, the deployment of a constellation of satellites using the method of differential nodal precession from a single launch insertion point can be analysed. The deployment analysis of a constellation with one satellite in each plane can be represented by the basic procedure shown in Figure 4 .
The semi-analytical propagation method enables the examination of satellite orbital decay through the use of pre- dicted Earth environment data and a complex atmospheric density model. For constellations inserted or operated in low altitude orbits, the decay of satellites prior to the complete deployment of the constellation would constitute an infeasible design. Furthermore, any change in orbit shape and size alters the rate of nodal precession and can therefore affect the rate of separation of planes in the constellation.
For constellation configurations in which there is more than one satellite in each plane additional phasing manoeuvres are required to achieve the configuration of payloads. In these circumstances, carrier vehicles can be used in order to perform the more intensive in-plane manoeuvres and then dispense the payloads into each plane.
Analysis of Lunar L 1 Deployment
Due to the complexity of trajectory design for missions involving EML-1, the corresponding analysis for deployment of constellations EML-1 for staging of return to LEO is treated in a more qualitative manner.
The first stage of an EML-1 deployment strategy requires either a launch vehicle capable of direct launch to EML-1 or transfer of payloads from LEO. Due to the relatively high ∆V of transfer to EML-1 (∼3.8 km s −1 ), system complexity can be reduced by manifesting the payloads or sub-carrier vehicles on a single transfer vehicle with a capable and centralised propulsion system.
On the return to Earth orbit, aerocapture or aerobraking manoeuvres are required to reduce the velocity of the payloads or carrier vehicles. The use of ballute devices (inflated parachutes for high-speed aerodynamic braking) and drag-sails are typically proposed to perform these aerodynamic manoeuvres, significantly reducing the propulsive requirements of the system. However, additional mass, system complexity, and cost may be associated with the use of such devices and manoeuvres. Issues such as thermal shielding and additional structural requirements due to aerodynamic forces and heating, increased attitude control requirements, and radiation hardening of components due to passes through the van Allen belts must be considered if aerocapture or aerobraking manoeuvres are to be used.
Finally, the payloads or carrier vehicles must perform a re-circularisation manoeuvre for insertion into the mission orbit and any phasing manoeuvres required.
Constellation Deployment Analysis
The method of analysis for deployment using the method of indirect plane changes can be validated against the actual deployment of the FORMOSAT-3/COSMIC mission.
Analysis of other small satellite constellation missions with varying properties and configurations can be used to investigate the implementation of the different deployment methods and their relative capabilities and limitations.
Deployment of FORMOSAT-3/COSMIC
The FORMOSAT-3/COSMIC constellation of six microsatellites was launched in April 2006 on an Orbital Sciences Minotaur vehicle. To achieve the mission configuration, the six payloads were deployed into six orbital planes • in RAAN using the method of natural nodal precession over a period of 20 months.
As this mission has been launched and deployed, the actual deployment of the satellites, using Two-Line Element (TLE) data can be compared to the deployment simulated using the analysis technique previously detailed. The satellite platform properties, insertion orbit, and required mission orbits of the satellites are shown in Table 1 . This information was used as the input variables for the deployment analysis. As only one satellite per plane was required by this constellation, no benefit to the deployment process could be gained through the use of carrier vehicles. Historical measured values for solar flux and geomagnetic activity were utilised in the propagation method.
Comparison of the semi-major axis and RAAN profiles of the actual mission, shown in Figure 5 , and the analytically determined deployment, shown in Figure 6 , indicate that the developed analysis is capable of successfully characterising the process of constellation deployment using nodal precession. However, several discrepancies exist between the two data-sets which are due to mission changes, anomalies, and system failures in the actual deployment of the constellation:
a) The discontinuous orbit-raising of FORMOSAT-3F was caused by an intentional change in the specified plane spacing from 24
• to 30
• after the manoeuvre had begun. To enable the correct separation of all the orbital • planes, an additional drift period was required before the manoeuvre could be completed. b) The incomplete deployment of FORMOSAT-3D was due to a propulsion system malfunction which prohibited the satellite from achieving the correct mission orbit. c) Numerous thrust-burn failures and an issue with thrusting during sunlit periods are also contributing factors to irregularities and discontinuities in the orbitraising manoeuvres of the satellites during the deployment of the constellation.
The calculated and actual ∆V requirement of each satellite in the constellation is presented in Table 2 in order of satellite deployed. Given the same initial and final orbit, the difference in analytically calculated ∆V between the satellites is due to the amount of orbital decay experienced. The satellites which stayed in the lower altitude initial orbit for longer experienced a greater level of drag for a longer period and therefore required a marginally larger orbit-raising manoeuvre to achieve the final mission orbit. The actual ∆V values were calculated using the average increase in semi-major axis per burn and number of thrust events recorded for each satellite by Fong et al. [31] . The actual ∆V expenditure calculated for FORMOSAT-3B using the published data appears to be incorrect, as this would not have been sufficient to raise the satellite from the insertion orbit to the mission orbit.
Aside from the propulsive failure for FORMOSAT-3D and an anomalistic value for FORMOSAT-3B, the difference between the predicted and actual ∆V expenditure is less than 1 %. Deployment of the FORMOSAT-3/COSMIC mission using EML-1 can also be considered. However, due to the constellation configuration of only one satellite in each orbital plane, each platform would require an individual ballute device (∼50 kg [34] ) to perform the aerocapture procedure and a significantly more capable propulsion system to perform the Earth orbit re-circularisation and Halo orbit ejection manoeuvres.
The fuel mass to perform the required manoeuvres can be calculated using the rocket equation and an assumed dry mass of the system. For a bipropellant propulsion system with an I sp of 300 s, the mass of propellant required for the total ∆V of approximately 1500 m s −1 is ∼75 kg. This results in a total satellite wet mass in excess of 190 kg, over three times greater than the original payloads. Additionally, the delivery of these heavier payloads to EML-1 requires a greater launch capability, increasing costs further.
However, deployment of the constellation using transfer from EML-1 could be completed in a significantly reduced time compared to deployment performed using nodal precession which required a period of over 20 months. Should the establishment of the constellation been more urgent, deployment utilising EML-1 may have been the preferred method.
Halo Constellation Deployment
A number of novel and interesting configurations of small satellite constellations are proposed by Janson [45] . One of these constellations, termed a Halo constellation is a Walker-Delta configuration in which a large number of payloads are equispaced about 360
• in RAAN with no relative-phasing. This results in a 'bouncing' motion of the satellites, shown in Figure 7 for a 60
• : 50/50/0 constellation at an altitude of 1000 km. For a constellation of this configuration the period of the bounce is 105.1 min [45] . Due to the fixed relationship between all the satellites in the constellation, inter-satellite data-links can be reliably created. The downlink of data from the complete constellation can therefore be performed twice during every bounce of the constellation.
The deployment of such a constellation using traditional methods would require many launches and would therefore be prohibitively expensive. However, for nanosatellites or picosatellites, the full complement of payloads could be launched by a single launch vehicle.
A sample deployment of a 3U CubeSat constellation with this configuration has been investigated. The properties for this deployment are presented in Table 3 . The propulsion system for each satellite in this case has been limited to a maximum ∆V of 1 m s −1 in every 12h period. This thrusting performance is well within the capability of microsatellite and nanosatellite propulsion technologies such as miniaturised cold-gas, monopropellant, and bipropellant thrusters [22, 46] . For a 3U CubeSat, a propulsion systems such as this can be contained within a 1U section.
The results of a sample deployment of a constellation of this configuration are shown in Figure 8 . Only the motion of every 10th satellite in the constellation is shown to maintain clarity. The complete time for deployment of all 50 satellites is 47 months, just under 4 years. This is a significant period of time for the deployment phase of a constellation. However, given a greater difference between the initial and mission orbits, the deployment can be executed faster at the expense of additional propulsive requirement. The deployment of a significant number of very small satellites in a Halo constellation using EML-1 presents a number of significant issues which would prohibit the use of this method for a constellation of this type. The primary issue is due to the configuration of one payload per orbital plane, similar to the deployment of the FORMOSAT-3/COSMIC mission discussed previously.
To perform the Halo ejection and re-circularisation manoeuvres, the propulsive capability of the satellites would have to be increased significantly. For example, the propellant mass required for a satellite of nominal 15 kg dry mass with a propulsion system I sp of 200 s would be 17 kg.
Very small satellites would also require significant system development in order to be capable of performing the aerocapture manoeuvre, requiring highly accurate attitude control and significant heat-shielding due to their typically low thermal inertia. Alternatively, an aerobraking manoeuvre utilising a sail device could be performed. In this case, due to the length of time spent in the Van Allen belts, radiation hardening of components or a fault-tolerant approach to system design would be required, incurring additional development costs or system complexity.
Global Microsatellite Constellation
The deployment of a constellation of microsatellites for communications or Earth observation missions can also be considered. In this constellation, multiple satellites are required in each orbital plane in order to achieve a certain level of global coverage or minimum revisit time.
The example constellation used has a configuration of six equally spaced planes each containing five payloads at an inclination of 70
• . The size and mass of the SSTL Microsat-100 bus, used for the first DMC mission satellites, is used as a reference for the payloads in this study. The constellation and satellite properties for this analysis are shown in Table 4 . The deployment profile of this mission is shown in Figure 9 . Due to the lower initial orbit of the satellites, the decay due to atmospheric drag is considerable, indicated by the decrease in semi-major axis of the payloads in the initial orbit. Over the period of deployment this orbital decay results in the re-entry of the final group of payloads, resulting in the establishment of an incomplete constellation.
To avoid this mission failure, the orbital height of the initial orbit can be increased. Whilst ∆V requirement for the in-plane manoeuvre would be reduced, this would result in longer drift periods to achieve the correct plane separations and therefore an extended total time for the deployment of the constellation.
Alternatively, the satellites could be inserted into an orbit with a larger semi-major axis and/or eccentricity than the final mission orbit thus avoiding the issue of decay and increasing the rate of plane separation. However, this may result in greater launch vehicle costs.
Due to the configuration of multiple payloads in each orbital plane, the deployment of this constellation using EML-1 supports the use of carrier vehicles in order to reduce the propulsive requirements for each individual payload. For this deployment, each carrier vehicle can manifest the five payloads specified for each plane. The carrier vehicle can perform the required Halo orbit injection and ejection manoeuvres at EML-1 and recircularisation in Earth orbit using a centralised propulsion module. A higher thrust, and greater specific impulse system can be developed due to the lower mass and volume constraints of a system common to the set of payloads. Once in the required orbital plane, the payloads can be dispensed from the carrier vehicle with varying relative velocities using differential spring energies. The required phasing of the satellites about the orbital plane can thus be achieved with minimal propulsion from each individual payload [28] .
Further mass and costs efficiencies can be achieved through the use of carrier vehicles as the high-accuracy ADCS and aerocapture device can be common to the set of satellites whilst also less restricted by the mass and volume of the individual payloads.
For a set of five satellites with a nominal mass of 75 kg, the dry mass of a suitable carrier vehicle can be approximated to 190 kg (50 % of payload mass [13] ) plus an aerocapture device (ballute) of 100 kg [34] . The additional propellant mass for such a system is calculated to be ∼405 kg assuming an I sp of 320 s due to the increase size and capability of the system. A total mass of ∼1070 kg is subsequently obtained for the mass of each manifested carrier vehicle, resulting in an increase in mass of each original satellite (100 kg) by a factor of 2.1. This is considerably less than the increase in mass previously determined for the FORMOSAT-3/COSMIC mission in which only a single satellite was required in each plane.
Summary
The deployment of constellations using the indirect method of plane separation by differential nodal precession was shown to enable the deployment of a novel type of very small satellite constellation whilst maintaining a low level of propulsive requirement of each payload. However, the drawback of this method was found to be the significant time required to execute the deployment of the payloads over large plane separations. For constellations in low altitude orbits, due to the extended drift periods, the decay of satellites before the deployment has been completed must also be carefully considered. Furthermore, the lifetime of the satellites in orbit following deployment should be investigated to ensure that decay and potential de-orbit does not compromise the mission.
Conversely, the investigation of deployment using EML-1 to dispense satellites into different orbital planes found that this method was most suitable for constellations which require responsive set-up. Due to the significant magnitude of the manoeuvres involved, the propulsive requirements to enable this deployment strategy are much greater than the indirect method. Furthermore, due to the use of aerocapture or aerobraking manoeuvres and multipayload carrier vehicles to reduce the total and individual payload propulsive requirements, additional system development is needed to enable deployment by this method.
For constellations where only a single satellite is required in each orbital plane, this method was found to be inefficient. However, in the analysis of constellations with multiple satellites in each plane, where carrier vehicles could be used effectively to reduce the individual propulsive requirements of the satellites, this method was shown to be more suitable.
Nevertheless, the performed analysis of these different small satellite constellation deployment methods has indicated that the establishment of such systems on a variety of scales in Earth orbit is within the current capability of such systems and can be performed using existing payload launch opportunities.
Future Work
Given the relationships between constellation configuration, payload design, and feasibility of deployment shown by the analyses performed, the study of constellation deployment should be performed concurrently throughout the design process to ensure the development of feasible system and mission designs. Currently, these methods of deployment are not considered by existing design processes. The investigation of deployment of small satellite constellations is therefore currently performed on an ad hoc basis without complete analysis. Awareness and knowledge of the solutions to and effects of different constellation deployment strategies may also influence other aspects of the constellation, payload, or platform design resulting in the synthesis of improved overall system or mission designs. The use of design space exploration or optimisation techniques may present a route by which constellation deployment can be investigated and integrated into the system design process.
To more thoroughly investigate the feasibility and potential benefits of constellation deployment using EML-1, an increased understanding of the trajectory design and subsystem requirements and design is required. The development of aerocapture or aerobraking devices for very small satellites and investigation of the aerodynamic effects of these manoeuvres on these satellites may also enable the use of this method for a greater range of mission types.
